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A small, uncooled research rocket motor was built to study the
effects of a vortex flow on combustion instability. Normal heptane
and air were used as propellants with the air being divided into two
flows; a primary flow at the center of the combustion chamber and a
secondary flow at the periphery of the chamber. The secondary air
provided the swirl which could be directed clockwise or counterclock-
wise at various angles or a straight mode of operation. Runs were
made at various flow rates with the direction of swirl changed during
the run.
A first tangential high frequency mode of combustion instability
was developed and a significant change in stability conditions was
found when a vortex flow was generated within the combustion
chamber. It was found that a swirl in one direction tended to decrease
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I. INTRODUCTION
One of the most perplexing problems in the study and design of
modern high performance rocket engines is the attempt to control or
eliminate combustion instability . This undesirable oscillation of
chamber pressure can result in excessive heat transfer to the walls
of the chamber causing thermal or mechanical failure,
A number of analytical and experimental models have been
developed to study the chamber pressure fluctuations and their
interrelation with the combustion process. A propellant vaporization
model described by Priem and He idman [Ref, 1] assumed the steady-
state combustion process to be vaporization rate controlling.
Reference 2 investigated instability limits in a toroidal ring used to
represent the combustor, This same combustor was utilized by
Priem [Ref , 3] to set up various instability models in which
different combustion steps were individually assumed to be rate
controlling. By adding a constant vortex velocity to the instability
model in which vaporization was assumed to be rate controlling,
Priem developed a vortex flow model in which a dramatic change in
stability limits was found.
In Refs-4 and 5 a two-dimensional circular liquid propellant
combustor was used to study the effect of tangentially injecting
nitrogen gas into the combustor of a burning liquid oxygen jet.
It v\as found that transverse combustion instability was induced
1 1
by the nitrogen. The significance of a tangential velocity in the
combustion chamber as a means of controlling instability was
investigated in Ref . 6. It was postulated that a tangential flow of
propellants in a direction opposite to the transverse instability would
cause the wave to damp.
The purpose of this study was to build a rocket motor that could
be made inherently unstable and then study the effect on stability
limits of injecting propellant into the combustion chamber with a
vortex motion. Bi-phase propellants were used in which the velocity
of the oxidizer could be varied in both magnitude and direction.
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II. DEFINING THE PROBLEM
Combustion instability refers to undesirable pressure
oscillations which are driven by the combustion process. It can
occur in both solid and liquid propellant engines , In liquid
propellant engines the pressure oscillations fall into three
catagories: low-, intermediate-, and high-frequency instability.
The first two types are not serious problems and it is the high-
frequency combustion oscillations, associated with the acoustic
vibrational modes of the combustion chamber, that are most often
encountered and most destructive.
The high-frequency oscillations begin with small disturbances
in the combustion chamber and are amplified by the interaction
between the combustion process and the resonant effects of the
chamber geometry. These oscillations can be divided into
longitudinal and transverse modes in which properties vary along
the chamber axis or perpendicular to it, respectively. The trans-
verse mode can be further divided into radial and tangential modes
and has a frequency in the actual combustor which closely
approximates the acoustic frequency of the corresponding mode .
The tangential modes of oscillation are the most common and cause
the most damage [Ref , 7].
From the wave equation which governs the flow field for an
acoustic medium the following relationship is found for the frequency
of oscillations [Ref. 8]:
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^m,n,q (*«*)"(-*)
where a = speed of sound in the medium
^ m,n =n root of J n Bessel function of
the first kind
R = radius of combustion chamber
L = length of combustion chamber
m,n,q = wave numbers
Although this equation is for small oscillations only, it has been
found by experimental observation to be quite accurate for large
amplitude oscillations also. Pure modes of acoustic oscillation
occur when only one of the wave numbers is not zero:
m^o, n=q=o tangential modes
n^o, m=q=o radial modes
q^o, m = n = o longitudinal modes
Thus the pure modes can be found by the following relations:
<* a








m >. 1 2 3
0,000 1 .220 2.233 3.238
1 0.586 1 .697 2.714 3.726
2 0.972 2.135 3.173 4.192
3 1 .337 2.551 3,61 1 4.643
The speed of sound is proportional to the chamber temperature
which is dependent on the mixture ratio and to a small extent on the
chamber pressure . Figure 1 shows a plot of the speed of sound
versus mixture ratio for various chamber pressures. This
information was obtained from Ref . 10.
Since the tangential modes of oscillation are the most
important and it was using these modes that the vortex flow model
predicted a dramatic change in stability limits, the initial problem
in this investigation was to produce this type of instability. Secondly,
these modes had to be identified. Finally, it was necessary to
show that a vortex flow in the combustion chamber had an effect on
this instability.
The first problem was solved by controlling the velocity of
the fuel and oxidizer so that the mass mean drop size of the fuel
would be conducive to instability [Ref. 11]. The information from
Ref. 1 1 was for a different injector arrangement and was employed
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The identification of the mode of instability was accomplished
by determining the frequency of the pressure oscillations and
comparing this frequency with that predicted by using the speed of
sound and combustor geometry.
In the steady-state vaporization model the assumption was made
that the vaporization rate of propellant drops was much slower than
their injection, accumulation, atomization or chemical reaction
rates [Ref. 1]. Therefore, this was the rate controlling mechanism.
This vaporization model was used to obtain an expression for the
instantaneous local burning rate [Ref, 3]. Using this and the trans-
port equations developed in Ref, 2 the stability limits for the vapori-
zation limited stability model of a toroidal ring combustor were
determined. These stability boundaries were taken from Ref, 3
and are presented in Fig, 2, The vaporization mass accumulation
factor is proportional to the quantity of unvaporized material present
and the burning rate parameter proportional to the combustor radius,
combustor contraction ratio and average burning rate of propellant
per length of combustor. In the present study this average burning
rate was not determined and therefore the burning rate parameter
was unknown. This curve was used to obtain a qualitative feeling
for the stability boundaries with no vortex flow in the combustor.
The effect of a constant vortex velocity in the combustion
chamber was studied [Ref. 3] by developing a vortex flow model.
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ring combustor and added a constant vortex velocity to values of the
gas velocity in the tangential direction. The significant change in
stability limits caused by a small vortex velocity can be seen in
Fig. 3 which was taken from Ref . 3. As the vortex velocity increased
the burning rate parameter of the propellant required to obtain
instability became less.
Since the burning rate parameter was not determined, the
correlation of this investigation with Priem's vortex flow model was
necessarily qualitative; the primary concern being the establishment
of a change in stability limits with a constant vortex velocity.
Another aim was to test the postulation of Ref. 6 that a vortex flow
in one direction would cause a decrease in instability while a flow
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III. METHOD OF INVESTIGATION
The purpose of this study was to determine the effect of a vortex
velocity on combustion instability and to experimentally verify the
analytical results of Refs . 3 and 6.
The rocket motor used for this investigation was an uncooled,
research combustor. It had a combustion chamber with a diameter
of four inches and a length of approximately 5 9/16 inches. A
complete description of the rocket motor and propellant supply
system is given in the next section. The nozzle of the motor was a
separate portion and capable of being changed for various experiments
All of the runs for this investigation were accomplished with one
nozzle
.
The propellants used were normal heptane and air. Air was
supplied to the rocket motor from high pressure air tanks maintained
at approximately 3000 psi . The air was separated in the test cell so
that one flow provided primary air to the center of the combustion
chamber and the other provided secondary air to injectors at the
periphery of the combustion chamber. Both of the flows were routed
through air filters, pressure regulating valves, orifices and flow
regulating valves. Additionally the secondary flow was divided into
three flows, each controlled by a solenoid valve, prior to being
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Each of the solenoid controlled secondary flows was directed
to four injector elements equally spaced at the face of the combustion
chamber. These injector elements were inserts that could be
positioned to direct the flow clockwise or counterclockwise (as viewed
from the injec tort) into the combustion chamber. The three flows were
set up so that one flow would be straight, one clockwise and one
counterclockwise. The inserts were removable so that the effect of
varying flow angles could be studied. The secondary air was con-
trolled from the console room by three on-off switches each
activating one solenoid. With the solenoids individually controlled
any desired sequence or combination of flows could be obtained.
Fuel was supplied from a 20 gallon tank through a filter and
cavitating venturi and injected into the center of the primary air flow.
A methane -oxygen igniter was utilized to ignite the motor and was
disengaged by a pressure switch when the chamber pressure reached
approximately 75 per cent of the expected steady-state value.
A typical sequence for firing the rocket motor was:
1) Start the igniter,
2) Allow secondary air to flow into the combustion chamber
in the straight and counterclockwise direction,
3) Allow primary air to flow into the combustion chamber,
4) Allow fuel to flow into the combustion chamber at which
time the motor ignited,
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5) Igniter disengaged at approximately 75 per cent of the
expected steady-state chamber pressure,
6) After approximately 1 1/2 seconds switch to a combination
of straight and clockwise secondary air flow,
7) After approximately 1 1/2 more seconds switch to straight
secondary air flow only,
8) Stop fuel flow,
9) Stop primary air flow,
10) Allow secondary air flow to purge and cool the motor for
about 30 seconds before stopping it.
Originally it was planned to have about half of the air flow
through the primary and half through the secondary with variations
from these values to determine the effect on stability. The solenoids
were unable to pass this amount of air, however and the secondary
flow had to be reduced to about 15-20 per cent of the total air flow.
The alternative of reducing the total air flow with a proportional
reduction in fuel flow was rejected because the desired chamber
pressure and other operating conditions would be adversely affected.
The effect of this secondary air flow was observed by removing
the nozzle from the motor and visually sighting the circulating motion
of the fuel induced by the peripheral air. The tangential velocity
imparted by the secondary air could also be felt when this was the
only air flowing. Although this velocity was higher than would be
expected with the nozzle on the motor it gave an indication of the order
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of magnitude of the swirl. Since Priem's vortex flow model
predicted that only small vortex velocities were required for
substantial changes in stability limits, it was felt that 15-20 per cent
of the total air flow was more than sufficient for the required
tangential velocity to study the current problem.
The parameters which could be varied to determine the effect
on combustion instability were:
1) Amount of air given a vortex velocity: This was controlled
by the percentage of the air that flowed through the
secondary air system.
2) Direction of the secondary air injection: inserts giving
an initial directional change of 20, 30 and 40 degrees to
the motor's axial centerline were available.
3) Fuel flow rate .
Pressures, temperatures and differential pressures at the
orifices were used to determine air flow rates. The rocket motor
was instrumented to obtain fuel and air manifold pressures, steady-
state chamber pressure and the oscillatory chamber pressure , A
Model 352A Photocon pressure transducer was used to obtain the
pressure variation and to determine the stability of the combustion
process. The data from this Photocon was recorded on tape and
then played back into a visicorder oscillograph. All other readings
were recorded on the oscillograph,
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An investigation conducted by Netzer [Ref . 1 1] with a very
similar rocket motor using the same bi-phase propellants indicated
that the combustion process was either spontaneously unstable or so
stable that it could not be driven unstable. Although the injector
elements used in Netzer's research were considerably different from
those of the present study, the approximate fuel mass mean drop size
determined in Ref. 1 1 was used as an initial attempt to produce
instability. From that drop size the appropriate ratio between fuel
and oxidizer velocities, and thus areas, was obtained. This area
ratio was eventually adjusted to obtain the desired level of
instability.
A number of problems were encountered in the initial firing
of the rocket motor. The fuel tube first used did not atomize the
fuel sufficiently and resulted in severe popping as the motor attempted
to start. A number of different injector elements were tried in an
attempt to reach a compromise between proper atomization of the
fuel and conditions for the proper operation of the cavitating venturi
.
A fuel area that was too large would not allow the fuel to break up
sufficiently for proper combustion. When the fuel area was too small
the partial blockage caused a high fuel manifold pressure which pre-
vented proper cavitation of the venturi and decreased the fuel flow to
a value too low for combustion. This problem was solved by first
designing a fuel injector which provided better atomization of the fuel,
then constructing a smaller venturi and using a higher fuel supply
pressure to obtain the desired fuel flow rate.
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The hole at the center of the rocket motor that provided
primary air to the center of the combustion chamber was enlarged
to accommodate the increased size of the fuel injector that was
finally selected. This hole was also bevelled at an angle of 45
degrees at the outlet which allowed an expanding flow to enter the
combustion chamber. Since this flow was choked providing sonic
conditions between the air manifold and the combustion chamber,
the increased area caused the primary air to become supersonic
just prior to entering the combustion chamber. Therefore a shock
wave occurred as the air became subsonic upon entering the
combustion chamber. The fuel injector was designed with holes
drilled back toward the injector face at a 45 degree angle. The
interaction between this fuel and the shock wave provided the
mixing needed for combustion,
The igniter did not operate properly at the outset and it was
determined that the peripheral air flow was causing the flame from
the igniter to be blown along the wall of the combustion chamber.
Thus it never reached the combustible mixture. The igniter
operation was improved by enlarging the area of the controlling
solenoids, increasing the size of the supply lines and increasing
the supply pressure. An attempt was also made to improve the
efficiency of the igniter by moving it farther from the fuel injector
where it would be igniting more thoroughly mixed reactants. When
the proper fuel injector was inserted however, the mixture in the
27
combustion chamber was mixed sufficiently so that the position of
the igniter was not critical and it was returned to its original
location.
28
IV. DESCRIPTION OF APPARATUS
A schematic diagram of the propellant supply system is shown
in Fig. 4. Air was supplied from fourteen air tanks pressurized
to approximately 3000 psi. These tanks were surplus submarine
items obtained from the Puget Sound Naval Shipyard and are shown
in Fig. 5. They were pressurized by an Ingersoll-Rand 10.1 cfm,
3500 psig compressor. A dryer and a filter processed the air prior
to it reaching the storage tanks.
A hand operated shut-off valve located near the compressor
allowed the air to flow via 1 1/2 inch pipe to the rocket cell. At
the rocket cell a hand operated vent valve was used to relieve
system pressure at the end of a run. The air was then divided into
a primary flow which provided a straight flow at the center of the
rocket motor and a secondary flow which was directed to the
periphery of the motor and provided the tangential velocity.
Photographs of the propellant supply system are shown in Figs. 6
and 7
.
Each flow branch contained a filter, on-off actuator, pressure
regulator, orifice and flow regulator, The filters consisted of
screening elements enclosed in stainless steel casings which were
pressed into emergency use when planned commercial filters were
delayed in shipment. The Jamesbury on~off valve actuators were



























Grove pressure regulators were used to reduce the supply pressure
to the desired operating value of 1500 psia. The concentric,
thin-plate, square-edged orifices used 1 D and 1/2 D pressure taps
[Ref. 12].. The pressures upstream of the orifices were measured
with Teledyne pressure transducers and the pressure difference
across the orifices with Wiancko differential pressure transducers.
Hand operated Grove flow regulators were opened until the
differential pressure transducers indicated that the desired flow rate
was obtained
.
The primary air flowed directly into the motor. The secondary
air was directed into a manifold from which three tubes were
connected to the rocket motor. Each tube contained a Marotta
solenoid valve actuated by a 24 volt DC system and controlled from
the console room. These valves determined whether the peripheral
air flow would be straight, swirled clockwise or swirled counter-
clockwise in the combustor
.
Fuel was supplied from a 20 gallon tank in an adjoining cell.
This fuel tank was pressurized with nitrogen to a value commensurate
with the fuel flow rate desired. The schematic diagram of this fuel
system is shown in Fig. 8, In the rocket cell the fuel passed through
a filter and then a Jamesbury on~off valve actuator. The fuel flow
rate was determined by using a cavitating venturi. The venturi was
calibrated by comparing the pressure from a transducer immediately
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curves for both the supply and venturi pressures versus fuel flow
rate are shown in Fig. 9. After the cavitating venturi the fuel flow
was divided into four tubes prior to entering the rocket motor. This
was done for more equitable fuel distribution in the fuel manifold.
The cross-section of the rocket motor is shown in Fig. 10
and a photograph of the disassembled rocket in Fig. 11 . Fuel
entered the motor through four one-fourth inch tubes and was
directed into the combustion chamber through a .085 inch inner
diameter fuel tube with a cap on the end. The cap had sixteen holes
on the periphery and one on the end. The side holes were drilled
back toward the injector face at a 45 degree angle to provide better
fuel and air mixing. A cross-section of the fuel injector is shown
in Fig. 1 2.
Primary air was directed into the area around the fuel injector
and entered the combustion chamber at the center of the rocket
motor. The secondary air entered the rocket motor via one of
three one-half inch tubes in the air injector manifold. Each
tube was blocked, forming a small manifold from which four
one -fourth inch tubes were led. Figure 13 shows a drawing of this
air injector manifold and Fig. 14 a photograph of it. Each set of
four tubes was equally spaced on a 3 1/2 inch diameter. The
one-fourth inch tubes were then maneuvered through an air orifice
plate and into inserts in the air swirling plate. Figure 15 shows
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The center hole of the air orifice plate was subsequently enlarged
to provide better air and fuel mixing. The air swirling plate was
also modified by enlarging the center hole and bevelling the side
near the combustion chamber at an angle of 45 degrees. A drawing
of the air- swirling plate incorporating these changes is shown in
Fig. 16. The inserts, also shown in Fig. 16, were designed with
changes in flow direction of 20, 30 and 40 degrees to the motor's
axial centerline in order to vary the direction of the peripheral
velocity. Small pins on the air orifice plate kept the inserts
aligned in the proper position. The completed combination of the
orifice and swirling plates prior to the center hole modification is
shown in Fig . 17 .
Figure 18 shows the rocket body. It contains windows that can
be used to take pictures of the combustion process or can be covered
when pictures are not desired. Openings are also provided for an
igniter and a photocon. The combustion chamber was 5 9/16 inches
long with a diameter of four inches.
The mixture in the combustion chamber was ignited by a
methane-oxygen torch with a spark provided by a 15,000 volt
source. This spark jumped from the nichrome wire at the center
of the igniter to the outer body. A cross-section drawing of this
igniter is shown in Fig. 19 and a photograph of it in Fig 20. The
igniter was extinguished at approximately 75 per cent of the expected
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The nozzle, pictured in Fig. 21 , was bolted to the rocket body.
This nozzle was made as a separate item for ease in construction
and so that different nozzles could be used on the rocket motor.
The assembled rocket motor on the thrust stand is shown in
Figs. 22 and 23.
All pressures were recorded on a Honeywell 1508 Visicorder
Oscillograph. This included primary and secondary air pressures
and orifice differential pressures, fuel venturi pressure, air and
fuel manifold pressures and two chamber pressures. Table 1 shows
the type of transducer used for measuring these pressures. Each
transducer was calibrated using an Amthor dead weight tester. The
instrumentation including the visicorder oscillograph, power
supplies, amplifiers and other related equipment is shown in Fig.
24.
Temperatures were obtained upstream of the air orifice using
a copper versus constantan thermocouple and a Leeds andNOrthrup
recorder. This recorder was calibrated by supplying known
voltages to the thermocuple lead wires and recording the output.
The oscillatory pressure in the combustion chamber was
measured with a Photocon Model 352A transducer. This transducer
was calibrated with a dead weight tester. The pressure variation
from the Photocon was recorded on an Ampex CP-100 magnetic
tape recorder at 60 inches per second. A one volt rms, 4000







Table I Summary of Instrumentation
Parameter
1 . Primary Air Pressure







4. Venturi Pressure Teledyne Pressure Transducer
5. Fuel Manifold Pressure Teledyne Pressure Transducer
6. Steady-state Chamber Wiancko Pressure Transducer
Pressure
7. Air Manifold Pressure Wiancko Pressure Transducer
8. Primary Air Orifice Wiancko Differential Pressure
Differential Pressure Transducer
9. Secondary Air Orifice Wiancko Differential Pressure
Differential Pressure Transducer














After the termination of a run the pressure recording was played
back into the visicorder oscillograph at 1 — inches per second. The
8
frequency and amplitude of the combustion instability were determined
from this trace .
The fuel was controlled from the console shown in Fig. 25.
Before each firing the fuel system was pressurized to the on-off
valve actuator in the test cell. All firings were controlled from the
control panel, shown in Fig. 26, which was located in front of a
window to the rocket test cell. From this position a clear view of













Table II presents a summary of the data obtained for the 18 valid
runs made. A number of runs were made in the initial attempts to
fire the rocket motor which are not included in these results.
Omitted also are runs in which the motor ceased firing prior to a
full cycle of clockwise and counterclockwise secondary air swirl.
With the secondary air inserts set at 20 degrees runs were
made varying the secondary air flow rate from .224 to .568 pounds
per second. The direction of the swirl was changed from counter-
clockwise to clockwise (as viewed from the injector) in some runs
and this sequence reversed in others. When the direction of the
secondary air swirl was varied from counterclockwise to clockwise
the rocket motor exhibited a marked tendency to either: (1) develop
a first tangential mode instability and remain in this mode with little
change in pressure amplitude when the direction of swirl was
changed; or (2) initially display no frequency of instability and then
develop a first tangential mode instability with a significant increase in
maximum pressure amplitude when the clockwise swirl was selected.
When the secondary air flow direction was initially clockwise
an instability exhibiting the frequency of the first tangential mode
was found which changed to a random instability of reduced maximum
pressure amplitude when switching to counterclockwise.
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The secondary air flow rate was varied from o333 to -568 pounds
per second with 40 degree inserts installed in the rocket motor.
All runs were made with the secondary air initially swirling
counterclockwise o In these runs there was no identifiable frequency
and small maximum pressure amplitude with the secondary air
swirling counterclockwise . When the swirl was changed to clockwise
a first tangential mode instability developed and the pressure
amplitude increased significantly . These were essentially the same
tendencies found with 20 degree inserts but with 40 degree inserts the
results were more pronounced and more consistent*
At the higher secondary air flow rates there was a tendency for
the combustion process to be quite stable with no definite instability
trends, This condition existed regardless of the direction of
secondary air swirl or angle of the inserts,
An attempt was made to correlate the tangential velocity of the
secondary air flow entering the combustion chamber with the
magnitude of the chamber pressure oscillations. This velocity was
determined using the continuity equation and the angle of the
particular insert being used, Very little correlation was found
except that the effect of the direction of swirl was much more
pronounced when the 40 degree inserts were used; that is, when the
tangential velocity was a larger percentage of the total velocity.
A typical trace of the visicorder oscillograph readout of the
pressure transducers is shown in Fig, 27, The chamber pressures
59
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1F PRESSURE
FIGURE 27. VISICORDER OSCILLOGRAPH DATA
62
shown are steady-state values. Figure 28 shows a trace of the
oscillatory pressure from the phoiocon . The bottom portion of this
trace shows the initial recording with tne oscillograph operating at
0,1 inches per second. This was done in order to view the entire
run. The pressure was then recorded at 80 inches per second for
the portions of the run for which the pressure amplitude and
frequency were desired, A typical pressure trace exhibiting a first
tangential mode instability with the oscillograph operating at 80 inches




FIGURE 28. OSCILLATORY PRESSURE FROM PHOTOCON
6k
VI. DISCUSSION OF RESULTS
All of the identifiable modes of combustion instability determined
were first tangential. The theoretical frequency for this mode varied
slightly with the mixture ratio but was about 5200 hertz. The first
tangential mode was easily distinguished from the first radial and
first longitudinal modes because of the geometry of the combustor.
The first radial and longitudinal modes occurred at approximately
10,800 and 3200 hertz, respectively.
Initially it was planned to start the rocket motor with the
secondary air in the straight mode of operation and then switch to
counterclockwise and clockwise swirl to find the effect this swirl
had on stability. Without the secondary air swirling, however, the
motor was extremely inefficient and was very difficult to start.
Even when the motor started the combustion was so poor that when a
different mode of secondary air was selected, it usually extinguished.
The next attempted firing cycle was counterclockwise swirl, straight,
then clockwise swirl. Using this sequence the motor usually fired,
but still would not sustain combustion when the interruption of flow
occurred during the switching cycle . It was subsequently found that
a combination of swirling and straight secondary air flow provided
the necessary mixing for proper combustion. Furthermore the
direction of the swirl could be changed without significant inter-
ruption of the combustion process. The optimum firing sequence
65
then was to start the motor with a combination of swirling and
straight secondary air and then switch the direction of the swirl while
the straight flow remained the same. It was this method that was
used for all of the firings. When both swirls were discontinued and
only a straight secondary air flow maintained, the motor would only
fire part of the time and then at a greatly reduced chamber pressure.
Thus the non-swirling mode of secondary air flow could not be used
to obtain any meaningful data.
The results indicate that a vortex flow in the combustion chamber
had a significant effect on combustion instability as theoretically
predicted in Ref . 3. The most predominant tendency was for the
combustion process to become more unstable when the secondary air
swirl was changed from counterclockwise to clockwise and become
more stable when this sequence was reversed. This also substantiated
the postulation of Heidmann and Feiler [ Ref. 6] that a vortex flow in
one direction would decrease instability while a flow in the opposite
direction would increase it.
Three of the runs at low secondary air flow rates and 20 degree
inserts developed an initial instability and maintained it at
approximately the same maximum pressure amplitude when the
direction of the secondary air flow was changed. Thus there was a




Run three displayed an unusual characteristic in that the initial
counterclockwise swirl caused a first tangential mode instability of
high maximum pressure amplitude and this pressure amplitude
decreased signLt icantly when the swirl was changed to clockwise.
This was the only run in which this peculiarity occurred and must
be considered an anomaly,
Four of the runs at higher secondary air flow rates exhibited
a tendency to remain fairly stable throughout the run. Although
there was a pressure variation no pronounced frequency of instability
occurred, This occurred with both 20 and 40 degree inserts. This
indicates that there may be an upper threshold above which the
vortex flow loses its tendency to a*iecr. combustion instability.
The attempt to correlate the tangential velocity of the secondary
air flow entering the combustion chamber with the magnitude of the
chamber pressure oscillations met with little success. Reference 3
predicted that as the vortex velocity increased, a decreasing
burning rate parameter wou Id be required to cause the combustion
process to become unstable- This information is presented in Fig. 3.
This burning rate parameter is a function of the average burning
rate of propel lant per length of combusto^ which was unknown in the
current investigation. The burning rate parameter can be calculated
at var Lous positions along the combustor axis tor given and estimated
conditions in the combusLon chamber , These estimations can
currently be found through the use of a computer program [Ref . 1 1]
but lack of time precluded their use in the present study.
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The tangential velocity listed in Table II and described above v\as
a rather dubious parameter. It merely indicated the tangential
portion of the velocity with which the secondary air initially entered
the combustion chamber. The determination of the effect of this
velocity on the mixture in the combustor would have been very diffi-
cult using a momentum balance. The tangential velocity actually
generated within the combustor could be ascertained most accurately
using streak photography [see Ref. 5] or a similar technique. The
rocket motor used in this investigation has ports available for photo-
graphic equipment.
Throughout the runs there was a considerable amount of
combustion noise associated with the chamber pressure. This noise
amounted to as much as 10 per cent of the chamber pressure and
often caused uncertainty as to whether a change in stability
characteristics had occurred when the direction of the secondary
air swirl was switched. The combustion noise was caused by the
inefficiency of the combustion process which was a direct result of
an injector design that was not optimum, This inefficiency reached
a critical stage when the secondary air was flowing in the straight
mode only. In this form of operation the motor would fire only part
of the time. When it did fire the chamber pressure averaged about
60 per cent of the value obtained with a combination of straight and
swirling secondary air. This inefficiency was further substantiated
by the low value of the characteristic exhaust velocity C* occurring.
With the combination of secondary air flow C* was about 99 per cent
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of the theoretical value [Ref, 11]. Since C* is directly proportional
to the chamber pressure it was about 60 per cent of the theoretical
value when the secondary air was flowing straight.
This inefficiency and cor-respondingiy low chamber pressure
prevented worthwhile data when the rocket motor was firing with
the secondary air flowing straight only, Since the chamber
conditions changed so drastically between this straight flow and when
the secondary air was swirling, Lt was impossible to determine
whether a change in stability conditions was due to the vortex flow
produced or to the more efficient combustion process realized.
To obtain optimum results from this rocket motor the injector
design would have to be changed to produce an equally efficient
combustion process under ail methods of operation . A possible
solution to this problem would be a multi-element injector which
would provide better atomizar.ion o+~ the fuel.
In order to accurately assess the effect of propellant tangential
velocity on stability limits all otner variables which affect this
stability must be held constant. These variables include fuel mass
mean drop size, fuel flow rate and mixture ratio [Ref« 11]. The fuel
mass mean drop size is proportional to the ratio of fuel momentum
to oxidizer momentum. Thus there must be precise control over
the primary air, secondary air and fuel flow rates. Although this
was attempted in the present st^dy, equipment Limitations prevented
accurate control of the desired run conditions.
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The primary air supply varied significantly with the pressure
available in the air supply tanks. Since the supply tank pressure
decreased during each run and the compressor took a considerable
period of time to re-pressurize the tanks, low primary air pressure
was a continuing problem. Primary air flow rate was thus affected
since it was directly proportional to air pressure.
The secondary air supply pressure varied to a small extent with
air supply tank pressure but the main problem with the secondary
air flow rate was the inability to accurately set the hand-operated
flow regulator valve . Ideally both primary and secondary air could
have been run prior to an actual firing and then adjusted until the
desired total air flow was realized. This would have reduced the
air supply tank pressure, however, and compounded the problem
previously mentioned.
The desired fuel flow rate was also difficult to obtain since the
nitrogen supply pressure controlling the fuel was extremely difficult
to set precisely and had a tendency to vary from the initial value.
Throughout this investigation it was tacitly assumed that when
a first tangential mode instability developed, its direction of
propagation remained the same for the entire run. Thus if the wave
began spinning in a clockwise direction, a secondary air flow in the
counterclockwise direction would be expected to damp the wave.
Upon switching to clockwise secondary air flow the wave would be
reinforced and the instability increased. But if the momentary
interruption of combustion that occurred when the secondary air
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flow was switched caused the wave to change direction, a completely
erroneous indication would be obtained, This problem area could be
eliminated by installing one or two more photocons around the
periphery of the rocket motor „ Comparing the frequency of the wave
with the distance between photocons would eliminate the uncertainty
of the direction of wave propagation, This procedure would also
verify that when combustion instability had been decreased the
swirling air flow was in a direction opposite to the wave ,
In analyzing the frequency of the instabilities a small portion
of the run was viewed with the v'slcorder operating at 80 inches
per second. This rapid speed made it impractical and uneconomical
to view but a small part of the pertinent trace , Although the entire
run was viewed at ,1 inches per second initially for an overall
presentation of the combustion process it was impossible to pick
a particular section o^ the r jn as the most representative or the
section where the most information could be gained. This problem
could be reduced substantially by digitizing the frequency data and
using a digital computer to analyze the entire firing run in an attempt
to determine the predominant frequencies,
The results obtained from this investigation were from a
relatively small number of runs with a number of varying initial
conditions . More runs and more precise control of the variables
affecting stability limits must be obtained before the trends reported
herein can be substantiated.
7"
VII. CONCLUSIONS
A significant change in stability conditions was found when a
vortex flow was generated within the combustion chamber of the
rocket motor , A vortex flow in the counterclockwise (as viewed
from the injector) direction tended to decrease the instability and
a tendency to increase the instability was found when the swirl
was clockwise. This tendency can only be considered valid for
this particular rocket motor under the conditions in which the
investigation was conducted.
The specific effect of the amount of tangential velocity within
the combustor on the burning rate parameter required to produce
instability was not determined due to the lack of photographic
equipment for determining the tangential velocity and the lack of
time to estimate the burning rate parameter. There was little
correlation between the tangential velocity of the secondary air
flow entering the combustion chamber and the magnitude of the
chamber pressure oscillations.
The injector design of the rocket motor must be improved in
order to reduce the combustion noise and allow more precise
determination of chamber pressure variation. This improvement
will also permit an investigation of the combustion stability when
the secondary air is flowing straight and a comparison of this mode
of operation with the swirling secondary air,
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Photographic equipment should be installed in order to determine
the tangential velocity of the mixture in the combustion chamber.
The burning rate parameter of the combustion process could then
be determined and correlated with the tangential velocity to define
the stability limits under varying conditions.
Improvement of present equipment should also include better
control of propellant flow rates, installation of additional photocons
for more accurate wave propagation determinations and a better
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